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Abstract

Mars is expected to become a focal point of exploration (human and robotic) in the coming century, with a very likely need for a
robust space infrastructure. Be it communication and navigation satellite constellations or scientiÞc missions in low Mars orbits
(LMO) and Areosynchronous orbits (ASO), every individual satellite will have a deÞnitive period of operation after which it becomes
derelict. At the end-of-life (EOL) the satellite shall be proactively dealt with in a sustainable manner to protect our access to the space
environment of Mars and opportunities to use this. Clearly, impacting Mars or escaping MarsÕ gravity are no viable options. This paper
aims at identifying graveyard orbit solutions in circummartian space for future Mars space debris. Orbital stability for a period of
200 years is studied for Martian orbits using the symplectic integration technique. Extensive validations are performed and propagation
and integration settings are tuned to suit a variety of conÞgurations. A plethora of candidate graveyard orbit solutions are found and
presented for orbits in the ASO and LMO regimes. For example, it is found that transferring an ASO satellite to 400 km below the nom-
inal orbit altitude would ensure a stability margin of �25 km for at least 200 years. Multiple orbital geometry characteristics (combina-
tions of semi-major axis, inclination, right ascension of ascending node), satellite geometries (various values of area-to-mass ratio) and
uncertainties are studied to produce a comprehensive analysis of long-term stability of potential graveyard orbits around Mars, making
them attractive for such purposes. The protected zones are found to be safe from debris even for an uncertainty in initial eccentricity of
0.01 and variations in cross-sectional area due to uncontrolled tumbling. The overall objective of this paper is to make designers of future
missions to Mars aware of the EOL aspects and include this in their mission design proposals at an early stage already.
� 2022 COSPAR. Published by Elsevier B.V. This is an open access article under the CC BY license (http://creativecommons.org/licenses/by/4.0/).
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1. Introduction

With governments and private entities pouring in
resources for human and robotic exploration of Mars, it
is envisaged that constellations of satellites for navigation,
network connectivity etc. would soon be required in orbits
around Mars (Kelly and Bevilacqua, 2018; Buinhas et al.,
2019). Multiple colonization plans suggest a permanent
human presence on Mars from as early as the year 2030
onwards (Brueck, 2018; Drake, 2016; Hall, 2020;
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Knapton, 2015; SpaceX, 2019; Wall, 2020). A space infras-
tructure would have to co-exist which will consequently
produce space debris, yet no plans for disposal of space
debris exist. Thus, our access to Mars and usage of its
space environment will depend on how sustainable we
make our space activities. It will depend on how prudent
we are in applying the lessons learnt from EarthÕs space
debris problem to Mars.

Due to the absence of an e�ective natural sink mecha-
nism on Mars, such as an atmosphere, there is a clear need
to address disposal methods for future derelict satellites in
Martian orbits, so that we can avoid the problems on and
around Mars which we are facing in terrestrial orbits. In
view of the small size of the planet along with no existing
org/licenses/by/4.0/).
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Fig. 1. Altitude-inclination characteristics of past Mars orbiter missions.
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(Suchantke et al., 2019) and foreseen debris tracking capa-
bilities in the near future, the issue is even more acute. If
this remains the case even when there exist hundreds of
satellites around the planet, safe entry into MarsÕ orbital
environment could become intricate. This also holds for
the usage of the most attractive orbits around Mars. There
is an urgent need to develop strategies today for disposal of
spacecraft around Mars, to preserve human access to the
scientiÞc knowledge, resources, which the planet has to
o�er, and protect future human colonies on its surface.
With huge Þnancial investments involved in Mars missions,
collisions with operational space resources could induce
loss of governmental, commercial and public interest in
the planetÕs exploration and habitation e�orts. Addressing
this space debris problem early on is utterly important.
This study is an e�ort to fulÞll our responsibility of long-
term sustainable usage of space. To quote a recent United
Nations report (United Nations, 2019): ��The long-term
sustainability of outer space activities is [. . .] the ability to
maintain [. . .] space activities indeÞnitely into the future
[. . .], in order to meet the needs of the present generations
while preserving the outer space environment for future
generations.” Obviously, this implicitly addresses the situa-
tion around Mars as well.

This research is a feasibility study: the objective is to
investigate the existence, accessibility and long-term stabil-
ity of potential graveyard orbits around Mars. It is aimed
at producing a variety of graveyard orbit options for
(near-) future Mars satellite operators and regulators to
select from, based on a trade-o� of propellant requirements
and stability. The nominal orbits analysed are limited to
those in the areosynchronous and low-altitude regimes, as
these are foreseen to host the far majority of operational
spacecraft. State propagation is performed using non-
averaged equations of motion in combination with a sym-
plectic integration technique. The e�ects of multiple
parameters (altitude, inclination, area-to-mass ratio, etc.)
are analysed, and the causes of peculiarities in stability
trends are identiÞed. A comprehensive sensitivity analysis
is also performed to test the robustness of the solutions
found. The essence of the problem is not unfamiliar; it
has been studied by other authors already (Alessi et al.,
2016; Alessi et al., 2018; Dom�·nguez-Gonza·lez et al.,
2013; Gkolias and Colombo, 2019). Here, the problem is
investigated around a new central body, with a unique
environment and unknown options for EOL measures.

2. Background

2.1. Study cases

To restrict this study to the most realistic risk domain,
i.e. the most popular regions in Martian orbits, it is imper-
ative to understand the orbital characteristics of current
and future artiÞcial satellites around Mars.
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Past, current and upcoming Mars orbiters chie�y use
inclined elliptic orbits with many having an eccentricity
as high as 0.8 and inclinations ranging from 35� to 90�

(Fig. 1) (ESA, 2019; Suchantke et al., 2019). Their trajecto-
ries cross the areosynchronous orbit (ASO) altitude in the
majority of cases, with apoareion altitudes mostly beyond
PhobosÕ altitude and in some cases beyond DeimosÕ as well,
while 400 and 1000 km are dominant periareion altitudes.
Few orbiters, such as Mars Odyssey and ExoMars TGO,
preferred a Sun-synchronous orbit conÞguration (i.e. low-
altitude circular orbits with i � 90�) for science and relay
purposes.

Apart from the single-spacecraft missions discussed
above, a number of constellations of satellites has been
proposed. Constellations, forming a network of a large
number of satellites, have wide-ranging applications
including navigation, telecommunication, remote sensing,
geodesy etc. and, with the advent of advances in small-
satellite engineering, are foreseen to be the major source
of debris in circummartian space. Fig. 2 presents the
altitude-inclination characteristics of 13 navigation constel-
lation designs (consisting of a total of 120 satellites) as pro-
posed by Bell et al. (2000), Buinhas et al. (2019), OÕKeefe
et al. (2005), Kelly and Bevilacqua (2018), Kuo (2000),
Menggen et al. (2014) and Tingting et al. (2009). Unlike
EarthÕs navigation constellations, a large amount of clus-
tering can be observed near ASO altitude for 0� and 45�

inclined orbits, low-altitude Sun-synchronous (near-polar)
orbits, and low-altitude near-equatorial orbits. For Mars,
low altitudes seem to dominate for navigation constella-
tions. It should be noted that low-altitude satellites could
also be used for remote-sensing and observation purposes
as LEO satellites are used for Earth.

From the discussion above, it is concluded that the fol-
lowing types of orbits are expected to be most used in the
future, for which EOL strategies are investigated and
designed in this paper: areostationary orbits (AEO) (ASO
0), areosynchronous orbits with 45� inclination (ASO 45),
low Mars orbits (LMO) with 0� inclination (LMO 0) and
low Mars orbits with 90� inclination (LMO 90). It should
be noted that erratic and (almost) uncontrollable debris
due to spent rocket stages, ascent rockets, heat shields,
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Fig. 2. Altitude-inclination characteristics of proposed Mars
constellations.
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etc. would also become (very) common in Martian orbits,
but these are not studied here.

2.2. DV considerations

An elemental knowledge of the DV requirements and
availabilities for future Martian satellites at EOL is crucial
for the design of EOL strategies for obvious reasons.

Using the very common two-burn Hohmann transfer
maneuver, DV requirements for various EOL options, for
LMO and ASO cases, were calculated. Re-orbiting LMO
satellites, with the original altitude being less than
800 km, to circular orbits at +100 and +500 km from the
nominal altitude requires about 45 and 200 m/s of DV,
respectively. For ASO satellites, these values are in the
order of 4 and 18 m/s, respectively. De-orbiting to 50 km
altitude, after which atmospheric drag is expected to take
over the dynamics, requires a much greater amount of
energy. For an initial 400 km altitude orbit, this would
impose a DV requirement of 80 m/s at EOL and double
the value if the nominal altitude were 800 km. On the other
hand, de-orbiting from ASO altitude would require an
impractical DV of 670 m/s. For the sake of completeness,
DV values required for the EOL option of escape from
the planetÕs gravity well were also computed and found
to be 600 m/s for ASO and near to 1400 m/s for LMO
satellites.

Thus, from the mechanical-energy perspective, escape is
not a feasible EOL option for any of the orbital regimes.
De-orbit is absolutely non-viable for spacecraft in the
ASO regime. This is re-iterated in the following paragraph,
where DV availability at EOL is discussed. For LMO, both
de-orbiting and re-orbiting are viable from a DV perspec-
tive. However, knowing that Mars has no oceans, where
a large space debris object could be allowed to crash,
makes de-orbit an unattractive option. Also, since the aver-
age density of MarsÕ atmosphere is about two orders of
magnitude lower than EarthÕs, little-to-no burning-up due
to aerodynamic heating is expected. It would be highly
undesirable to let a large uncontrolled satellite plunge on
the solid surface, where infrastructure (or even human/
2903
robot colonies) could be present at any location in the
future. Thus, re-orbiting satellites to suitable graveyard
orbits is the only acceptable, realistic EOL strategy studied
in this paper for the cases deÞned in the previous
subsection.

As for the total DV available for Mars spacecraft, past
missions show a variety of values. For example, Mars Cube
One CubeSats carried 40 m/s (Space�ight101, 2019),
whereas Mars Reconnaissance Orbiter (MRO) had
754 m/s DV (JPL, 2006b). Some spacecraft operators also
specify the excess DV for mission extension, which can be
taken as a good estimate for the amount of DV available
at EOL. For example, ISRO (2017) speciÞes that the total
mission DV for Mars Orbiter Mission was 292 m/s, which
included 117.4 m/s as excess for mission extension. Based
on these data, it is reasonable to assume that for future
missions, the maximum DV available for EOL maneuvers
would not exceed 150 m/s, at least in the coming 20�
30 years. This value is used later in this paper to limit the
candidates for in-depth investigation.
3. Methodology

The basic objective is to identify graveyard orbits for
human-made Mars satellites, such that they are stable for
200 years starting from the year 2050. Such a duration is
a good approximation of �foreverÕ, and is su�cient to iden-
tify, understand and extrapolate trends (Allan et al., 1964;
Jacobson and Lainey, 2014; Jenkin et al., 2021). For this
purpose, the maximum variation of graveyard orbit alti-
tude w.r.t. the nominal (i.e. original) altitude is taken to
be the measure of stability. The software used for the sim-
ulations is Tudat (TU Delft Astrodynamics Toolbox)
(Tudat, 2018). It is a powerful open-source software for
research in astrodynamics and comes with a collection of
models and mathematical tools written in C++ at Delft
University of Technology. The following subsections fur-
ther elaborate the methodology.

3.1. Reference frames

The MARSIAU reference frame (Lyons and Vaughn,
1999; Semenov, 2017) is used for simulations in this pro-
ject. Here, the X-axis is parallel to the IAU vector, which
is a vector directed from MarsÕ center of mass towards
the point of intersection of EarthÕs and MarsÕ mean equa-
tors at epoch J2000. The Z-axis is perpendicular to the ref-
erence plane, and the Y-axis completes the right-handed
system.

3.2. Force model

This subsection includes brief descriptions of and equa-
tions for the various force model elements relevant for this
paper.
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3.2.1. Mars� gravity �eld
The gravitational potential for Mars U areopot is given by

(Montenbruck and Gill, 2000; Wakker, 2015):

Uareopot … �
l
r

X1

n…0

Xn

m…0

R#

r

� � n

Pnmðsin / ÞðCnmcos mk þ Snm sin mkÞ

" #

ð1Þ

where l … Gm# ; G … 6:67259 � 10�11 m3=kg s2 is the uni-
versal gravitational constant, m# … 6:41803584 � 1023 kg
is the mass of Mars, r is the distance of the satellite from
MarsÕ center of mass, R# … 3389:5 km is the mean equato-
rial radius of Mars, Pnmðsin / Þ are the associated Legendre
functions of the Þrst kind of degree n and order m; / is the
latitude, k is the longitude and Cnm and Snm are the gravity
Þeld harmonic coe�cients (StokesÕ coe�cients) (Zuber,
2008). The maximum degree and order of the gravity Þeld
actually used will be discussed later.

3.2.2. Third-body perturbations
The Martian orbital third-body environment is highly

dynamic due to gravitational attraction from the Sun, Pho-
bos, Deimos, Jupiter, Earth, etc. and the objects in asteroid
belts. The gravitational potential due to third-body pertur-
bations U 3rd�body is deÞned as (Wakker, 2015):

U 3rd�body … �
X

i

l i
1

jr � ri j
�

r � ri

jr i j
3

" #

ð2Þ

where i represents the ith perturbing body, l i is its gravita-
tional parameter, ri is its position vector w.r.t. MarsÕ center
of mass, and r i … jri j. The decision regarding the inclusion
of various third bodies in the simulations will be discussed
later.

3.2.3. Solar radiation pressure
Inclusion of direct solar radiation pressure (SRP) is very

important for accurate long-term prediction of space-
debris trajectories, especially for objects with high area-
to-mass ratios (Hubaux et al., 2012). The SRP perturbing
potential USRP is given by (Wakker, 2015):

USRP … �b
1

jr� � rj
ð3Þ

where b … CR
A
mP/ is the solar radiation parameter,

CR … 1 þ q is the coe�cient of re�ectivity, q is the e�ective
re�ectance of the satellite, A is its e�ective cross-sectional
area, m is its mass, P/ is the solar radiation constant which
is approximately equal to 1017 kg m=s2 and r� is the posi-
tion vector of the Sun w.r.t. the center of mass of Mars.
A conical shadow model (Hubaux et al., 2012), assuming
a spherically shaped planet, is used for high accuracy.

The area-to-mass ratio (A=m) is a crucial parameter for
analysing the e�ects of SRP. For long-term propagation of
GNSS satellites in terrestrial orbits, Pardini and Anselmo
(2012) used 0.01 m2=kg. A very high value of 1 m2=kg
was also used by researchers like Anselmo and Pardini
(2010) and Rosengren et al. (2019) for debris created due
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to breakup or surface degradation of satellites and with
the prospect of a futuristic SRP augmenting device (as-
sumed to be deployed during mission operations), respec-
tively. Moreover, Suchantke et al. (2019) found that the
past Martian satellitesÕ area-to-mass ratio ranged from
0.002 to 0.04 m2=kg, while the majority of them had a value
of 0.02 m2=kg. Also, CubeSats, which can be expected to be
prominent in Martian satellite constellations, typically
have an A=m value of 0.01 m2=kg (Johnson and
Engelhardt, 2018). Thus, to cater to all classes of debris
and understand the e�ects of CRA=m, three SRP cases, with
A=mvalues of 0.01, 0.1 and 1 m2=kg, are studied. CR is cho-
sen to be 1.3, which is a typical value for real satellites.

3.2.4. Atmospheric drag
The aerodynamic drag is modelled using the widely used

equation (Wakker, 2015):

adrag … �CD
1
2

q
A
m

jvjv ð4Þ

where CD is the drag coe�cient, q is the atmospheric den-
sity and v is the velocity of the satellite relative to the (co-
rotating) MarsÕ atmosphere.

50 km altitude is chosen as termination condition for the
simulations; the Mars Climate DatabaseÕs (MCD) mean
tabulated atmosphere used here is limited to this altitude,
and the behaviour below this altitude is beyond the scope.
The value for CD used here for all simulations is 2.3, which
is typical for astrodynamics simulations, along with the
A=m values mentioned previously.

3.2.5. Relativity
To check for the relevance of EinsteinÕs theory of gen-

eral relativity for long-term orbit propagations around
Mars, a relativistic correction needs to be introduced in
the acceleration model. Such a correction takes into
account both the curvature of the four-dimensional
space�time (gravito-electric contribution) and the dragging
of space�time due to central bodyÕs rotation (gravito-
magnetic contribution).

Montenbruck and Gill (2000) provides the equation for
relativistic correction of the acceleration. For a circular
orbit around Mars, this acceleration is given by:

arelativity … �
Gm#

r2 er 3
v2

c2

� �
ð5Þ

where er is the unit position vector, v is the velocity of the
satellite in its circular orbit, c … 299792458 m/s is the speed
of light, and other symbols have their usual meanings.
Tudat uses a more detailed model as described by Luzum
and Petit (2012). It is composed of three components,
namely Schwarzschild, Lense-Thirring and de Sitter.

3.2.6. Other forces
Other dynamical e�ects due to Poynting-Robertson

drag (e.g. Kuznetsov et al. (2012)), albedo forces,
sporadic-weak magnetic Þeld, tides and seasonal variation
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in gravity (Smith et al., 2009) are not considered here due
to their expected low magnitude and the lack of availability
of consistent models.

3.3. Comparison of accelerations

A number of force model elements has been presented
previously. However, from the computation-time perspec-
tive, it is judicious to use only those elements in the simu-
lations which cause signiÞcant accelerations. Fig. 3 presents
all accelerations as a function of altitude. This Þgure will
become useful in tuning the propagation settings for the
various study cases (Section 4).

Fig. 3 is plotted based on the averaged magnitude of
perturbing accelerations in the Martian environment, as
presented by Montenbruck and Gill (2000) for Earth. Note
that the distances between celestial bodies were averaged,
and therefore a straight-line behaviour for third-body
forces is seen, instead of a rise to inÞnity at the Phobos
and Deimos altitudes. A slightly di�erent and somewhat
more accurate, yet less comprehensive, comparison can
be found in the research by Suchantke et al. (2019).

The horizontal line for SRP (plotted using CR = 1.3 and
A=m = 0.01 m2=kg) would move up in the plot for a higher
value of CRA=m and conversely fall with a lower value. For
the third bodies, apart from the Sun, moons and the plan-
ets, contributions from the most perturbing objects, namely
dwarf planet Ceres and the asteroids Vesta and Pallas
(Mouret et al., 2009) are also included.
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The issue of selecting the elements of the dynamic model
will be further treated in Section 4.

3.4. Equation of motion and parametrization

The following classical equation of motion is used for
the simulations in a straightforward manner using Carte-
sian position and velocity:

€r … �
l
r3 r þ anon�spherical þ ap þ aSRP þ adrag þ arelativity ð6Þ

where €r is the acceleration vector of the particle/body
under consideration, l is the gravitational parameter of
the central body, r is the position vector of the particle/-
body under consideration and anon�spherical; ap and aSRP are
the perturbing accelerations due to the non-spherical grav-
ity Þeld of the central body, the perturbing bodies and
SRP, respectively.

This simple representation was necessary for the com-
plex symplectic integrator (described in the next subsec-
tion) employed in this project. However, Hamiltonian
formulations are usually implemented with symplectic inte-
gration, and are a good option to explore in the future
studies to enhance accuracy/speed.

3.5. Numerical integrator

Multiple past researchers have found that symplectic
integration is advantageous for long-term propagation of
orbital dynamics (Cintio et al., 2017; Hofsteenge, 2013;
Hubaux et al., 2012; Lemaõ�tre, 2019; Rosengren et al.,
2019). This is because symplectic integrators, unlike non-
symplectic ones, conserve energy and angular momentum
over long periods of propagations, making them physically
consistent. Also, they are less time-consuming compared to
their non-symplectic counter-parts of the same order,
because they allow larger time-steps, making them highly
e�cient. Even systems containing non-conservative forces
(e.g. SRP, aerodynamic drag) have been found to produce
high-quality results using such integrators. The only con-
cern with using symplectic integrators is that they have a
Þxed step-size with no error-correction possibility, leaving
trial-and-error as the only method for choosing the optimal
step-size. The decision on step-sizes to be used for our
study cases is discussed in the following section.

Symplectic integration is a mathematically complex
technique, which requires extensive understanding of sym-
plectic geometry, Lie algebra and Hamiltonian systems.
More details on the mathematics involved and its applica-
tion methods can be found in the works by Fecko (2006),
Hairer et al. (2006), Hofsteenge (2013) and Kinoshita and
Nakai (1992). The application for long-term astrodynami-
cal propagations of space debris can be found in papers by
Breiter and Me·tris (1998), Breiter et al. (2005), Cintio et al.
(2017), Hubaux et al. (2012), Hubaux et al. (2013), Hubaux
and Lemaõ�tre (2013), Laskar and Robutel (2001), Surovik
and Scheeres (2012) and Wytrzyszczak and Breiter (2001).
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To establish the soundness of the symplectic integrator
implementation in Tudat, three long-term propagation test
cases were validated. A 100-year near-Geosynchronous tra-
jectory for a high area-to-mass ratio object showed near-
perfect agreement with the results generated by Anselmo
and Pardini (2010), while using a step-size of 10% of the
orbital period. Also, a low area-to-mass ratio satelliteÕs
inclined trajectory in medium Earth orbit was found to
be captured perfectly (Fig. 4) when compared to the results
from the paper by Rossi (2008), for a 200-year propagation
duration with the step-size being 110% of the orbital per-
iod. Finally, to validate the propagation settings in the
Martian dynamical environment, DeimosÕ ephemerides
(JPL - Chamberlin, 2019) from the year 2050 to 2250 were
used. A 100% overlap of DeimosÕ radial distance from
MarsÕ center was found, with the maximal error attained
after 200-year propagation being less than �10 km
(Fig. 5). It is emphasized here that all validations cover a
time interval which is comparable if not similar to the inter-
val used in this paper.

3.6. Grid de�nitions

To provide the (near-) future satellite operators a range
of graveyard orbit options to select from, depending on the
availability of propellant at EOL, an analysis of long-term
stability is performed on a multitude of orbital conditions
in the circummartian space. The technique for doing orbi-
tal transfers is available in many textbooks on orbital
Fig. 4. Validation using apogee and perigee altitude trends over 200 years
for the Etalon-2 satellite, with the left plot from Rossi (2008) and the right
plot generated numerically by symplectic propagation in th.e current
study.

Fig. 5. Validation of symplectic integration in Martian environment using
DeimosÕ position from MarsÕ center.
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mechanics, but the outcome is of course dependent on
the exact problem. Similar evaluations can be found in
Colombo et al. (2019) and Schettino et al. (2019) for the
Earth case.

Fig. 6a shows the grid points for the ASO 45 case in
altitude-inclination space, with color representing the DV
required for the transfer from a 45� inclined ASO to the
grid points. The DV values were calculated using a two-
burn Hohmann transfer assumption. Each grid point has
the dimensions of 200 km by 1�, and the grid is restricted
to a maximum DV of 90 m/s. Similarly, Fig. 6b shows
the grid points for the LMO 90 case. The grid-point size
here is 40 km by 0:5�. The grid is restricted to a maximal
DV value of 150 m/s, which is expected to be the maximum
available value at EOL (Subsection 2.2), for this tightly
bound low-altitude region. The study grids and results
for the ASO 0 and LMO 0 cases are identical to the left
halves of their respective inclined counterparts and are
therefore not shown here. Such a grid analysis would help
satellite operators make appropriate trade-o�s among
available DV, stability, maneuver complexity, regulations,
economic viability, collision avoidance, etc.

4. Tuning propagation settings

Thousands of 200-year propagations are to be carried
out over the grids discussed previously, for di�erent values
for the initial X and A=m. Thus, it is imperative to deter-
mine the optimal propagation settings, namely the integra-
tor step-size and force model combinations, such that the
accuracy of the solutions is as high as possible while the
computation times are within practical limits.

The results of extremely accurate baseline simulations,
which are assumed to be 100% identical to �realityÕ, are
compared to simulations executed with various types of
propagation settings for various types of study conditions.
The accuracy of the propagation settings is determined by
the divergence of Þve crucial parameters compared to the
baseline runs. These include the maximum eccentricity
achieved during the 200-year simulation (emax), computa-
tion time, the maximum and minimum distances from
MarsÕ center reached during the propagation (rmax and
rmin) and the maximum inclination change from the nomi-
nal value (Dimax).
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4.1. ASO regime

To tune the propagation settings for various types of
satellite/orbit characteristics in the ASO regime, eight cases
are identiÞed. These are composed of two altitude, two
inclination and two CRA=mvalues (2 	 2 	 2). Altitude val-
ues include ASO altitude �(200 + 103*CRA=m) km. Incli-
nations used are the most prominent 0� and 45�. Finally,
the two extreme CRA=m values of 0.013 m2=kg and 1.9
m2=kg are chosen for this tuning analysis.

A baseline run for each of the eight cases was performed
with very high accuracy settings. Namely, a force model
including all accelerations whose average magnitude at
ASO altitude is larger than 10�18 km=s2 (based on Fig. 3
along with the areopotential up to degree and order 15)
and an integrator step-size of 0.1 Julian days (JD). These
results are deemed to be �true-to-realityÕ, based on the
accuracy of the integrator validation results (Subsection
3.5) and the settings used by Anselmo and Pardini (2010)
and Rossi (2008).

Nine types of propagation settings are analysed (3 force
models x 3 integrator step-sizes). These include �lowÕ, �med-
iumÕ and �highÕ environment accuracy settings and include
all accelerations whose average magnitude at ASO altitude
is larger than 10�12; 10�15 and 10�18 km=s2, respectively
(again, based on Fig. 3). The integrator step-size options
include 0.5, 1.0 and 2.0 JD.

Table 1 presents the results of the tuning analysis for the
eight cases for each of the nine types of propagation set-
tings. The ticks represent the settings which are deemed
acceptable based on the decision parameters discussed
above, such that the rmax and rmin divergence from the base-
line values is less than about 10 km over 200 years. Only
the �highÕ environment accuracy setting with a step size
of 0.5 JD is seen to be acceptable for all cases. However,
use of this would lead to anywhere from double to seven-
fold as much computation time as others, resulting in
CPU times of days, if not weeks. Thus, the next-best option
of �lowÕ environment accuracy with a step size of 0.5 JD is
used for ASO regime simulations. This includes the areopo-
tential up to degree and order 4, SRP and third-body per-
turbations due to the Sun, Phobos and Deimos. Note that
with this setting, only the inclined high A=m case (Case 6)
would produce a large error in rmax and rmin of about
25 km, which is deemed acceptable, so that consistent Þde-
lity settings can be selected for all graveyard orbit simula-
tions in the ASO regime.
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4.2. LMO regime

12 cases (3 	 2 	 2) are identiÞed for various satellite/
orbit characteristics in the LMO regime. These include:
three altitudes of 200, 800 and 1400 km; 0� and 90� inclina-
tions; and two A=m values of 0.01 and 0.1 m2=kg (with CR

= 1.3 and CD = 2.3).
T A
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The force model for the very accurate baseline simula-
tions included all accelerations whose average magnitude
in the LMO region is larger than 10�18 km=s2 (based on
Fig. 3 along with an areopotential up to degree and order
40). The step-size used for the integrator is 0.005 JD, which
translates to 15 computation steps per orbit at 200 km alti-
tude. Since no prior data on long-term propagation in the
highly dynamic environment of the LMO region exists (at
the time of writing this paper), this 15-steps-per-orbit sim-
ulation was validated against a 150-steps-per-orbit one,
because as per Vallado and McClain (2001) 100 integration
steps per orbital revolution are satisfactory for standard
applications. The results were found to be in 100% agree-
ment for the purpose of this paper, assuring that a 0.005
JD step-size and the selected force model provide an accu-
rate representation of �realityÕ.

Six types of propagation settings options are examined
(2 force models x 3 integrator step-sizes). These include: a
�lowÕ-Þdelity setting with the areopotential up to degree
and order 10 and aerodynamic drag; and a �highÕ-
accuracy setting with areopotential up to degree and order
30, aerodynamic drag, SRP and third-body perturbations
from the Sun and Phobos. The integrator step-size options
are 0.01, 0.05 and 1.0 JD.

Table 2 presents the results of the tuning analysis in the
LMO regime. The �lowÕ-Þdelity setting contains all the
optima (determined mainly by computation times), while
the step sizes at which they occur di�er for di�erent cases.
Thus, after a short analysis, it can be concluded that the
following step-sizes, along with �lowÕ-accuracy settings,
are optimal for various altitude ranges: 0.01 JD for 200
to 400 km, 0.05 JD for 400 to 1200 km and 0.1 JD for
1200 to 1400 km.
5. Stability results and sensitivity

This section presents the stability results and their sensi-
tivity for the four study cases. This involves employing the
symplectic integration technique, using the optimal propa-
gation settings, on the grid of circummartian orbital condi-
tions to come up with plots that provide the maximal
Table 2
Acceptable propagation settings for cases in LMO regime (bold-green tick ind

Case \ Propagation settings Low, 0.01 JD Low, 0.05

1 CRA=m … 0:013 m2=kg; 200 km; i … 0�

2 CRA=m … 0:013 m2=kg; 200 km; i … 90� U
3 CRA=m … 0:013 m2=kg; 800 km; i … 0� U U
4 CRA=m … 0:013 m2=kg; 800 km; i … 90� U
5 CRA=m … 0:013 m2=kg; 1400 km; i … 0� U U
6 CRA=m … 0:013 m2=kg; 1400 km; i … 90� U U
7 CRA=m … 0:13 m2=kg; 200 km; i … 0� U
8 CRA=m … 0:13 m2=kg; 200 km; i … 90�

9 CRA=m … 0:13 m2=kg; 800 km; i … 0� U
10 CRA=m … 0:13 m2=kg; 800 km; i … 90� U
11 CRA=m … 0:13 m2=kg; 1400 km; i … 0� U U
12 CRA=m … 0:13 m2=kg; 1400 km; i … 90� U U
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deviation in radial distance w.r.t. the nominal value
(�Drmax). Furthermore, four initial X values of
0�; 90�; 180� and 270� were used to understand the potential
impact of the initial condition on stability. Also, multiple
A=m values were investigated. Only the most relevant
results are presented here.
5.1. Areostationary orbits

For objects with low A=m values in candidate AEO
graveyard orbits, the maximal deviation in rmax is less than
30 km in both the inward and the outward direction for
almost all altitude-inclination combinations analysed
(Fig. 7). This maximal deviation increases to 140 km for
high A=m objects (Fig. 8). Spending only about 10 m/s
DV to transfer an AEO satellite to 400 km below the nom-
inal orbital altitude (Fig. 6a) would ensure a �25 and �125
km stability for CRA=m values of 0.013 and 0.13 m2=kg,
respectively, for at least 200 years. For the conÞguration
with CRA=m = 1.9 m2=kg, the best option to (barely) avoid
crossing the protected zone is to transfer this light satellite
to 1400 km below the nominal ASO altitude by expending
50 m/s of DV and is thus not discussed further.

In general, lower-than-nominal altitudes are found to be
more stable compared to the higher ones. Also, the radial
deviations in inward direction (�Drmax) are found to be
slightly larger than those in the outward direction
(þDrmax) and thus plots for only the former are presented
in this paper. Also, the plots deem any inclination change,
to achieve a stable orbit, unnecessary. In fact, they suggest
that any transfer errors leading to variations in the nominal
inclination have negligible e�ect on the stability (except
from the slight variations with inclination seen in the X
= 90� plot in Fig. 7). Stability is found to have a weak cor-
relation with the initial orientation of the orbital plane or X
for AEO satellites.

To take into account the uncertainties and establish the
robustness of a chosen graveyard orbit solution, a sensitiv-
ity analysis is performed. The e�ect of orbit insertion errors
can partially be understood by the altitude-inclination
plots of stability for various X values (such as Fig. 7). How-
icates the optimum for each case).
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